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Analysis of Transient Thermal Choking Processes
in a Model Scramjet Engine

S. O’Byme,* M. Doolan,” S. R. Olsen,"and A. F. P. Houwingi
Australian National University, Canberra, Australian Capital Territory 0200, Australia

Shadowgraphflow visualization and floor static pressure measurements have been used to examine the transient
behavior of a thermally choked combusting flow. Experiments were performed to examine the effect of varying
inlet Mach number and fuel-air equivalence ratio on the nature and extent of the interaction. In all cases a sudden
increase in static pressure was measured, followed by a highly turbulent region of sonic flow that was seen to
propagate upstream along the duct. The nature of the dominant processes causing this pressure discontinuity are
still not certain. Some mechanisms that may contribute to this phenomenon are presented. These include separation
of the boundary layer in the duct, formation of a detonation, and formation of a near-normal shock wave by the

region of thermally choked flow.

Introduction

T is essential to the design of supersonic-combustion ramjet

(scramjet) engines that the fuel-air mixture remains supersonic
throughout the combustor. If the heat released by the combustion
process becomes greater than a critical value, the Mach number in
the engine falls to unity, and the flow becomes thermally choked.!
This choked flow may in turn cause a normal shock to form at the
engine inlet. This process, known as unstart, creates large amounts
of drag and radically reduces the performance of the engine at high
flight Mach numbers.

The experiments described herein were performed to examine
the nature of the processes that lead to unstart in a thermally
choked combusting environment at different combustor entrance
Mach numbers and fuel-air equivalence ratios.

The phenomenadescribedwere firstnoted in studies of supersonic
combustion, whose results have been presented elsewhere ? It was
noted in those tests that when a constant-area combustor was em-
ployed, arise in static pressure occurred that was much greater than
that due to supersonic combustion. It is the aim of this paper to out-
line the nature of the observed phenomena accompanying this pres-
surerise and to presentsome possible mechanismsforits generation.

Experimental Arrangement

Generation of Inlet Conditions

The high flow velocities and enthalpies required to simulate the
conditions necessary for scramjet flight were generated using the
T3 free-piston shock tunnel facility at the Australian National
University; operating in reflected shock mode. The experiments
were performed at two flow conditions, with Mach numbers of 2.5
and 3.8 at the combustor entrance. These conditions were designed
to simulate the flow in a scramjet engine operating at flight Mach
numbers of approximately 6 and 9. The combustor-entrancecondi-
tions are outlined in Table 1.

The Mach 3.8 condition was produced using a contoured nozzle
with an exit diameter of 90 mm and an exit-to-throat area ratio of
12.2.1f the Mach 2.5 condition flow were generated using a nozzle,
the required area ratio would be 2.6. To produce a flow that would
occupy the whole of the model scramjet duct, the throat of the nozzle
would have nearly the same diameter as the shock tube itself. Thus,
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the Mach 2.5 combustor inlet flow was generated using a variable-
angle supersonicdiffuser downstreamof a Mach 5.5 conical nozzle.
This arrangementis shown in Fig. 1.

The angled top and bottom plates of the diffuseract to compress
the flow from the nozzle and reduce its Mach number, by the forma-
tion of a pair of oblique reflecting shock waves. The Mach number
of the flow at the exit of the diffuser could, thus, be controlled by
varying the angle of the diffuser plates. The placement of the dif-
fuser 21 mm upstream of the scramjet model inlet was determined
by the need for the shock waves at the diffuser exit to pass outside
the combustor duct.

The Mach number at the combustor entrance was measured by
obtaining shadowgraphimages of Mach waves formed in the empty
scramjet combustor duct. The plates were oriented at an angle of
15.5 deg to the horizontal to obtain an entrance Mach number of
2.5%0.1.

Pitot and static pressure measurements at the duct entrance were
used, along with knowledge of the Mach number, to determine
the conditions at the duct entrance. The shock tube fill conditions
were varied until the values presented in Table 1 were achieved.
These measurements also showed that the total pressure varied by
less than 5% during the test time and less than 10% across the en-
trance to the scramjet duct, ensuring that the flow entering the duct
was uniform throughoutthe test time.

Scramjet Model

The model scramjet engine was a rectangular duct with central
strut injection, as shown in Fig. 2. This model can be used as a
constant cross-sectional area duct, as shown in Fig. 2a, or a vary-
ing cross-sectional area duct, as shown in Fig. 2b. The constant-
area duct was used for tests at both conditions, whereas the varying
cross-sectionalarea duct was used for the Mach 2.5 condition. The
same model has been used in previously published experimental
studies>*> The constant-areaduct had a 25 X 50 mm cross section
and was about400 mm inlength, whereasthe varyingcross-sectional
ducthad a 3.5-deg diverging section that commenced 187 mm from
the inlet. The injector was 4.8 mm thick and had a plane base,
from which fuel was injected through a rectangular slot. Injection
of hydrogen fuel into the flow was achieved using a Ludweig tube
and fast-acting valve arrangement® The valve was triggered by the
recoil of the tunnel and was set so that injection occurred several
milliseconds before the onset of the airflow from the shock tunnel.
The fuel-air equivalenceratio was varied by increasing or decreas-
ing the pressurein the injector plenumchamber, whichin turn varied
the mass flow rate of fuel through the injector.

Optical access to the combustor was provided by a pair of glass
windows in the side walls of the duct. This permitted visualizationof
alength of duct extending 180 mm downstream of the injector exit.
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Table 1 Flow properties in shock tube
and combustor inlet for scramjet tests

Mach 3.8 condition Mach 2.5 condition

Property Reservoir*  Entrance®  Reservoir®  Entrance®
P, kPa 19,000 110 9,500 100
T,K 3,200 1,100 2,500 1,200
V., m/s 2,390 1,710
Hy, MJ/kg 3.8 2.8

“Shock tunnel reservoir conditions. °Conditions at combustor entrance.
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Fig. 1 Schematic of the conical nozzle/diffuser arrangement used to
generate the inlet flow at the Mach 2.5 condition; flow proceeds from
left to right.
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Fig. 2 Schematic of the scramjet model: a) constant-area duct used
for tests at both conditions and b) duct with 3.5-deg diverging section
used for Mach 2.5 condition test to prevent choking.

Pressure transducers (PCB-type 113M65) were distributed longitu-
dinally along the center of the duct floor from a distance of 50 mm
downstream of the injector exit to the end of the duct.

Shadowgraph Visualization System

A single-pass shadowgraph system was employed for visualiza-
tion of the flowfield, as shown in Fig. 3. [llumination for the images
was provided by a single 500-ns pulse from a flashlamp-pumped
dye laser. The pulse length was of sufficiently short duration to al-
low an instantaneous image of the flow to be obtained. The beam
was expanded and collimated, passed through the test section, and
imaged on a Kodak TMax 400 film plate. The sensitivity of the re-
sulting image to variationsin density could be increased, at the cost
of definition, by focusing the image at the film plate away from the
center of the test section. The imaging position could be varied by
varying the axial position of the lens in front of the film plate.

Results

To uncouple the effects of mixing from those of combustion, all
tests were performed twice: the first time with injectionof hydrogen
fuel into a nitrogen freestream (to examine flow without combus-
tion) and then with injection into an air freestream. Static-pressure
distributions and shadowgraph images were obtained for each of
these tests.

To determine when the scramjet duct flow starts, static pressure
measurements were made inside the duct for the case of no com-
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Fig. 3 Schematic of the single-pass shadowgraph system.
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e) Injection into air, 5.7 ms

Fig. 4 Shadowgraphimages, equivalence ratio ¢ = 0.4, of flow at Mach
2.5 combustor-inlet condition.

bustion (injectioninto nitrogen), and the measured values were nor-
malized with the nozzle reservoir pressure trace in a manner that
took into account the nozzle transit time. As explained by Casey,’
a constant value of the normalized static pressure indicates that the
Mach number (and, hence, other dimensionless quantities of im-
portance) is constant, and therefore, the duct flow has established.
These considerations indicate that the scramjet duct flow starts at
1.5 ms after shock reflection for the Mach 3.8 conditionand at 2 ms
after shock reflection for the Mach 2.5 condition.

Mach 2.5 Condition

Shadowgraphimages for the Mach 2.5 inlet flow are presentedin
Fig. 4. In each of the images, injection occurs at the extreme left of
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the image and flow is from left to right. The time delay beside each
picture indicatesthe time after measured shock reflection when each
image was obtained. Figure 4a is a typical image for injection into
a nitrogen freestream. The main features apparentin this image are
the wake recompression shock waves and the shock waves arising
from the leadingedge of the injector, which can be seen to propagate
along the duct. The existence of these shock waves indicates that
flow is supersonic throughout the visible region of the duct for the
case of injection into nitrogen. The lighter regions in the upstream
portion of the image indicate the presence of an expansion wave
caused by expansion of the flow around the base of the injector.
The fuel jet is evident as a dark region that extends a distance of
approximately 50 mm downstream of the injectorexit, after which it
is obstructedby the wake of the injector. Less sensitiveshadowgraph
images show that the jet may be seen throughout the visible part of
the duct. Thus, mixing between the fuel and nitrogen streams is
significantly poorer than Fig. 4a might initially suggest.

Figures 4b-4e are shadowgraph images obtained for injection
into air at an equivalenceratio ¢ of 0.4, at different times. The times
indicated on the image are determined relative to the time at which
the shockreflects from the shock tunnel’s nozzlereservoir. Figure 4b
is similar in the upstream-half of the visible duct to the image for
injection into nitrogen, but there is an obvious difference between
the two images in the downstream-half of the duct. At the point
where the wake recompressionshock waves intersect, a shock wave
occurs that is oblique in the top and bottom parts of the duct and
nearly normal to the flow in the jet/wake region. Flow downstream
of this shock wave in the central part of the duct appears to be much
more turbulent than that in the upstream part of the image. The
normal shock in Fig. 4b actually looks like two normal shocks, one
downstreamof the other. However, as a result of carefulexamination
of the image, we conclude that it appears that way because the
shockisin factcurved and that the line-of-sightvisualizationmethod
highlights the upstream and downstream portions of the shock.

The situation shown in Fig. 4b remains stable for less than a
millisecond, after which the shock wave becomes stronger in ap-
pearance and begins to propagate upstream along the duct toward
the injector exit. The propagation of the disturbance is shown in
Figs. 4c and 4d. As it proceeds along the duct, the shock generates
a region of highly turbulent combusting flow downstream of it. At
a delay time of 5.7 ms (Fig. 4e), the flow downstream of the injec-
tor exit appears entirely turbulent, with no evidence of the oblique
shock waves evident in the previous images. Note that the region
of turbulence does not propagate any farther upstream than the exit
of the injector. The upstream portion of the region of turbulence is
directly correlated with the large pressure rise that propogates up-
stream and then becomes stationary at the injector exit. Evidence
that this region does not propogate upstream of the injector exit is
provided through pressure measurements by a transducer located
upstream of the injector base.

Tests performed at higher fuel-air equivalence ratios than those
shown in Fig. 4 produced shadowgraphs similar to that in Fig. 4e
immediately after the onset of the flow.

A sample pressure trace for a transducer in the ¢ =0.4 exper-
iments is shown in Fig. 5. The pressure for injection into air is
consistently higher than that for injection into nitrogen. The differ-
ence between the pressures is due to the heat release arising from
combustion. There is clearly a two-stage pressureincreasein Fig. 5.
The first increase in static pressure for injection into air over injec-
tion into nitrogenis due to supersonic combustion. At about 3.5 ms,
a second pressure increase is apparent that is much larger than the
first. The timing of this second pressure rise corresponds, at each
transducer, to the passing of the shock wave shown in Fig. 4 over the
transducer. Pressure measurements in the region downstream of the
visible portion of the duct in Fig. 4 show exactly the same two-stage
pressure rise, with the second pressure rise occurring nearly simul-
taneously for all transducers downstream of the visible portion of
the duct. For equivalenceratios greater than 0.4, the pressure traces
show only a single pressurerise, of the same magnitude (relative to
the pressure for injection into nitrogen) as the second pressure rise
in Fig. 5.
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Fig. 5 Floor static pressure trace for ¢ = 0.4 injection into air (up-
per trace) and nitrogen (lower trace) for a transducer located 54 mm
downstream of the injector exit.
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Fig. 6 Shadowgraphofinjectioninto air at ¢» =1.7 with divergent duct
geometry for a time of 2 ms after shock reflection.

It is also apparent from Fig. 5 that the static pressure remains
constant (when normalized to the pressure measured for injection
into nitrogen) after the second pressure rise.

Subsequentexperiments were performedusinga duct whose floor
divergedat an angle of 3.5 deg to the horizontal,as shownin Fig. 2b.
Previous investigations"® have shown that thermally induced chok-
ing at low combustor-entranceMach numbers can be prevented us-
ing such a divergencein the combustor. Using this divergence angle
prevented the second pressure rise that was in evidence for all of
the straight duct tests. Tests of the diverging duct geometry were
performed at the Mach 2.5 condition for equivalenceratios of up to
2.2, and the second pressure rise was successfully prevented in all
tests.

Figure 6 shows a shadowgraph image of injection into air at
¢ =1.7 using the diverging combustor geometry shown in Fig. 2b
for a time of 2 ms after shock reflection. The expansion wave caused
by the divergence in the floor can be seen halfway along the shad-
owgraph image. The very turbulent flow apparent in Fig. 4 cannot
be seen in this image and evidence of the existence of shock waves
was noticed throughoutthe visible part of the duct, indicating that
the combustion remained supersonic.

Static pressure, normalized to the pressure for injection into ni-
trogen, is given as a function of distance downstream of the injector
in Fig. 7. Equivalence ratios of 0.4 and 1.7 using a constant-area
duct and 1.7 using a divergent duct are included in the graph.

Combustion with the diverging duct geometry generates a pres-
sure rise of approximately 200% throughout the test time. This is
comparable with the pressure rise that occurs for supersonic com-
bustion in the straight duct at ¢ =0.4, but is much less than the
350-400%rise for ¢ = 1.7 with the straightduct. This resultimplies
that supersonic combustion can be achieved with high equivalence
ratios using a divergent duct geometry.

The divergent section of the duct used to obtain the results pre-
sented in Fig. 7 was located about 50 mm from the exit of the
injector. It is apparent from Fig. 7 that the pressure increase due to
combustion occurs in the diverging section of the duct.

Mach 3.8 Condition

Experiments were also performed for the Mach 3.8 combustor-
entrance condition, in the same manner as those described in the
preceding section. Flows with equivalence ratios of 0.25, 0.5, and
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Fig. 7 Comparison of static pressure measurements (normalized to
pressure for injection into nitrogen) plotted as a function of distance
along the duct at ¢ = 2.0 ms after shock reflection.

1.0 were examined. The shock tube reservoir and scramjet duct
entrance flow properties for the Mach 3.8 condition are shown in
Table 1.

The essential nature of the observed choking phenomenawas the
same for these experiments as for the Mach 2.5 condition experi-
ments. In both series of experiments there was a two-stage increase
in static pressure. The main difference between results obtained at
the different inlet conditions was that the second pressure rise oc-
curred much later in the flow time and was significantly larger (when
normalized to the pressure measured for injection into nitrogen) in
the Mach 3.8 case than for the tests performed at a Mach number
of 2.5.

The larger pressure rise was measured at all equivalence ratios
tested. The choking of the flow at the Mach 3.8 condition occurred
between 5 and 8 ms after shock reflection, depending on the equiv-
alence ratio of the test. Low equivalenceratio tests choked at a later
time than tests at higher equivalenceratios.

The pressure discontinuity at the Mach 3.8 condition occurred
during that part of the flow where the presence of driver gas had a
significant effect upon the flow properties. Measurements of Mach
angle throughout the flow time were made using the shadowgraph
system and were used to determine the percentage of driver gas
contamination throughout the flow time. The percentage of driver
gas contamination was determined as follows. The Mach angle was
used to determine the Mach number of the flow inside the duct at
the exit of the supersonicnozzle. This Mach number depends on the
ratio of specific heats through the theory for an isentropic expan-
sion of a perfect gas through the shock tunnel nozzle. Because the
ratio of specific heats for the test and driver gases are significantly
different, the ratio of the specific heats of a mixture will depend on
the percentage of driver gas contamination. Thus, the Mach num-
ber measurementenabled us to determine the ratio of specific heats,
from which we could determine the amountof driver gas contamina-
tion. These measurements showed the arrival of driver gas to occur
between 4 and 6 ms after shock reflection. At 8 ms after shock
reflection, driver gas comprised 60 = 20% by volume of the fluid
in the duct. The choking phenomenon at the higher Mach number
condition was, thus, complicated by the presence of driver gas in
the duct.

Shadowgraph images of the flow during the choking process are
shown in Fig. 8. Again, flow is from left to right and times indicate
time after measuredshockreflection when each image was obtained.
Figure 8ais a typical shadowgraphimage for injectioninto nitrogen.
As for the Mach 2.5 inlet condition, the existence of shock waves
throughoutthe ductindicatesthat the flow is supersonic.The shocks
are shallower than those in Fig. 4 because of the higher freestream
Mach number.

Figure 8b illustrates the flow as supersonic combustion occurs
in the duct. There is apparent a region of turbulence in the injector
wake flow that propagatesdownstream as a flame in the visible part

| €25 mm >

1.5ms
a) Injection into nitrogen, 1.5 ms
| 120 mm

Y

| 425 mm >

b) Injection into air, 1.5 ms

I 120 mm >

| €25 mm »>|

¢) Injection into air, 6.0 ms
| 120 mm

7.2ms

e) Injection into air, 7.5 ms

Fig. 8 Shadowgraph images of flow at Mach 3.8 combustor-entrance
condition at an equivalence ratio of 0.5.
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Fig. 9 Floor static pressure trace for ¢ = 0.5 injection into air (upper
trace) and injection into nitrogen (lower trace) for a transducer located
76 mm downstream of the injector exit.

of the duct. The flow remains supersonicin the regions closest to the
floor and ceiling of the duct, where shock waves can still be seen.

Figure 8c shows the flow for injection into air at 6 ms after shock
reflection. The flow at this time looks very similar to that for injection
into nitrogen. The turbulent flame that is apparent in the earlier
image has vanished, indicating that combustion is not occurring in
the visible part of the duct.

Approximately 7.2 ms after shock reflection, a second rise in
static pressure is measured by the transducers and moves upstream
along the duct, choking the flow behind it. Shadowgraph images of
this pressure disturbance are shown in Figs. 8d and 8e. Essentially,
the pressure discontinuity appears to be the same as that observed
in the Mach 2.5 tests. It appears to be convex and driven upstream
from within the wake region of the flow. The pressurerise does not
propagate upstream of the injector exit.

Figure 9 shows a static pressure trace for a transducer in the
visible portion of the duct. The pressure history for injectioninto air
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provides good agreement with the shadowgraph images in Fig. 8.
An initial pressure rise corresponding to supersonic combustion is
followed by a period of flow in which no combustionis measured by
the transducers in the visible part of the duct, presumably because
of the reduction in static pressure and temperature in the freestream
at the time. The increased angle of the shock waves indicates an
increase in Mach number caused by driver gas contaminationat this
time. This continuesuntil approximately 7 ms after shock reflection,
when a second, much larger pressure rise occurs.

Pressure transducers downstream of the visible part of the duct
show a pressure rise for the entire flow time, indicating that com-
bustion occurs in the downstream part of the duct throughout the
measurement time.

Discussion of Results

The complexity of the flowfield and the competition between the
effects of fluid dynamics, combustion, and driver gas contamination
make it difficult to link the pressure history and visual information
from the shadowgraphimages with the dominantchoking processes.
This section presentssome mechanisms that may cause the observed
pressure discontinuity.

The observation that the pressure discontinuity only occurs for
injectioninto air is an indication that it is caused by the combustion
occurring downstream of it. The pressure rise occurs at both the
Mach 2.5 and Mach 3.8 combustor-entrance conditions, and the
shadowgraphimages are similar in nature at both conditions, which
indicates that driver gas contamination is not the primary cause of
the pressurerise. Contaminationdoes,however, have an effecton the
propagation of the discontinuity because a higher ratio of specific
heats will cause a faster shock propagation velocity.

Another important finding, based on the measured static pres-
sure distributions, is that the flow downstream of the pressure dis-
continuity is choked. A one-dimensional finite difference calcula-
tion, based on the treatment in Ref. 9, was used to determine the
Mach number as a function of distance along the duct floor at the
time each of the shadowgraphimages was obtained. The measured
pressure distribution, combined with knowledge of all of the flow
properties at the combustor entrance, allowed velocity, density, and
Mach number distributions to be obtained. The Mach number dis-
tributions are the most significant to the present discussion, and so
only these will be presented. The computed Mach number distri-
butions should be viewed with caution because a one-dimensional
calculation does not account for the presence of two-dimensional
(oblique) shocks. However, the calculation does account for heat
release and the dilution of the test gas caused by driver gas contami-
nation.

Figures 10 and 11 are the results of the calculation of average
Mach number along the duct for the Mach 2.5 and Mach 3.8 condi-
tions, respectively. The upperline in Fig. 10 shows the Mach number
distribution for 2 ms after shock reflection, whereas the lower line
indicates the distribution after the shock has passed through most
of the visible portion of the duct. This graph shows very clearly
that the flow in the duct is sonic after being processed by the shock.
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Fig. 10 Mach number as a function of distance from the injector exit
for the Mach 2.5 combustor-entrance condition.
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Fig. 11 Mach number distribution for the Mach 3.8 combustor-
entrance condition.

Figure 11 shows that the Mach number also decreasesto unity at the
Mach 3.8 entrance condition after being processed by the shock. At
that condition, the change is even more noticeable.

The observationthat, at both conditions there is an abruptchange
from supersonic to sonic flow is an indication that the shock wave
is a manifestation of choked flow in the downstream part of the
duct. Because the phenomenononly occurs for injectioninto air, the
choking process must be caused by heat release. Two questions that
remain, however, are what causes the shock to propagate upstream
and whether the combustion of the flow processed by the shock
wave has a significant effect on the shock wave propagation.

There are two possible processes leading to the formation of the
shock wave apparent in Figs. 4 and 8. It may be caused by shock-
induced separation of the boundary layer in the duct or by a sudden
decelerationof the flow upstream of a region of intense heatrelease.

In an area of the flow where there exists a region of the bound-
ary layer experiencing an adverse pressure gradient, the boundary
layer can separate. This is usually caused by the sudden pressure
discontinuity across a shock wave. Once the boundary layer sepa-
rates, a series of oblique shock waves form that can choke the flow
and propagate upstream along the duct. Reference 10 contains a
summary of experimentalresults relating shock-inducedseparation
at a particular Mach number to a minimum pressure ratio across
the shock. The pressure rise across the shock waves for injection
into nitrogen is insufficient to separate the boundary layer, but it
is possible that heat release for the case of injection into air could
provide larger local pressure gradients than those required (2.5 and
4.5 times for the Mach 2.5 and Mach 3.8 conditions, respectively).
Certainly, the measured pressure difference between injection into
air and nitrogenis greater than that required for shock-induced sep-
aration (4.5 and 8 times for the Mach 2.5 and Mach 3.8 conditions,
respectively).

Thereis evidence(particularly apparentin Fig. 4d) that the bound-
ary layer separates when the wave is propagatingupstream, because
of the size of the pressure gradientacrossit. Note, however, that the
shape of the shock wave during its formation (Fig. 4b) is not con-
sistent with formation by boundary-layer separation. If the shock
were formed by separation of the boundary layer in the duct floor,
there would form a system of oblique shock waves, terminated by a
single normal shock wave downstream of them.!*!! Figure 4b shows
a single near-normal shock in the wake region of the flow, which is
more oblique near the upper and lower duct walls.

Therefore, it appears that deceleration of the flow in the wake re-
gion due to large amounts of heat release is more likely to cause
the shock wave than wall boundary-layer separation. If this is
the case, then there still remains the question of whether or not the
heat release is directly coupled to the upstream motion of the shock
wave. The heat release may be merely acting as a physical flow re-
striction, in the same way as a blockage in the duct might cause the
supersonic flow to become mechanically choked. The assumption
that heat release acts in a manner that is analogous to a physical
flow restriction has formed the basis of previous analytical'! and
experimental'? studies of thermal choking in scramjet combustors.
The shadowgraph images obtained in these experiments indicate,
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however, that combustion downstream of the shock wave may have
an effect on its propagation.

The shock is most normal in the wake region of the flow, and this
part of the shock wave accelerates with respect to the outer parts
of the shock wave, as shown in Fig. 4. This behavior indicates that
heat release in the wake may be pushing the shock wave upstream.
It has been mentioned in previous experiments'? that there can exist
regions in the mixing layer where very high local temperatures are
generatedby heatrelease.If the temperature gradientis large enough
in such a region, the flow may become subsonic because of the in-
crease in sound speed, even in the absence of a pressure gradient.
Such aprocessmay, accordingto Ref. 13, generatearegionof highly
unstablerecirculating flow. It is certainly conceivablethat the reflec-
tion of the wake recompression shock waves might generate such
a region of high-temperaturereacting flow that may in turn release
sufficient heat to drive the shock wave upstream. If the heat release
were sufficiently large, the shock may become a detonation wave.

In an attempt to determine whether the combustion had an ef-
fect on the propagation of the wave itself, the wave velocities were
measured for both combustor-entrance Mach number conditions.
The wave propagationspeed was determined from the experimental
results by examining the temporal variation of the measured pres-
sure ratios. Figures 12 and 13 are plots of distance of the shock
from the injector exit against the time after shock reflection for the
Mach 2.5 and Mach 3.8 conditions, respectively. For each Mach
number and equivalenceratio tested, the shock speed was measured
several times and was found to be consistent. The measured velocity
varied in each case by less than 10 m/s.

Unsteady one-dimensional supersonic flow theory can be used
to relate the propagation speed of a normal shock to the pressure
ratio across it and the ratio of specific heats. Such an analysis can
predict the wave propagation speed if it were independent of heat-
release effects. The predicted velocity for the Mach 2.5 condition s
1500 m/s and for the Mach 3.8 conditionis 2550 m/s, relative to the
freestream. This compares well to the 2500-2550 m/s measured at
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Fig. 12 Shock speed for diffuser condition, ¢ = 0.4.

— 250
E ¢ Phi=1.2(0.25at 1.5 ms)
é [ o Phi=21 éo.s at 1.5 ms)
'§ 200L o Phi=1.7(1.0at 1.5 ms)
w \i ]
W 3 \ 4
[=] ‘ 1
+ 150 A
Q [ ’
=]
3 o\ 90 m/s

€ 1000 150-m/sh 2
o 75 m/s X& \
L © o
8 s0 b ‘
C - )
-.g X
w \
o T o 1
O o i TN P W S .

4 5 10

7
Time (ms)

Fig. 13 Shock propagation speed for Mach 3.8 combustor-inlet condi-
tion.

the Mach 3.8 condition, but is significantly lower than the measured
velocity of 1800 m/s indicated in Fig. 12. This may indicate that
the effect of heat release on propagation speed is significant at the
lower Mach number condition, but is less important for the higher
Mach number condition.

Close examination of Fig. 13 shows that the wave velocity varies
measurably, depending on the equivalence ratio. The values of ¢
shown in Fig. 13 are different to the values measured during the
constant flow time (1.5 ms after shock reflection) because of the
decreasein the mass flow rate of air and the increasing percentage of
driver gas in the duct at the later delay times. The equivalence ratio
at the constant flow time is shown in parentheses.

The variation of wave speed reflects the complexity of the in-
teraction between effects of heat release and those of driver gas
contamination. The presence of helium driver gas in the flow will
cause the wave to speed up due to a higher ratio of specific heats and
will also increase the effective equivalence ratio, but the reduction
in pressure and temperature will have a significant effect on com-
bustion. It is difficult to uncouple these effects from each other and,
hence, determine whether the heat release makes any contribution
to the wave propagation speed. The effect of heat release could be
more effectively uncoupled from those of driver gas contamination
by examining choking at the Mach 2.5 condition, for equivalence
ratios of less than 0.4. At the lower Mach number condition, the
choking occurs before the flow is contaminated.

Conclusions

These experimentshave shown that, when used together, shadow-
graph visualization and static-pressure measurements may be used
to determine when thermally induced choking of a model scramjet
combustor occurs. The combination of techniques has been used to
examine the propagationof the transient disturbance that character-
izes the phenomenon at the two Mach number conditionsexamined.
Previous experimental results have been confirmed by showing that
the phenomenon may be avoided by using a divergent geometry in
the combustor duct.

Some evidence that combustion has an effect on the propagation
of the shock wave, in particularat the lower Mach number condition,
has been provided by the shadowgraph images and the pressure
measurements. The evidenceis stillinsufficientto state categorically
whether the effect of heat release is significant.
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